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SUMMARY

The results of an experimental Investlgation of the downwash
and wake characteristics behind a rectangular plan—form wing in a
supersonic stream are presented. The aspect ratio of the wilng was
3.5, and the airfoil section was a S5—percemb~thick, symmetrical,
double wedge with maximm thickness at 50-percent chord. The tests
were made at a Mach number of 1.53 and a Reynolds number, based on
the wing chord length, of approximately 1.25 milliomn.

A comparison has been made between the downwash angles predicted
by the linear theory and the measured downwash angles. The experi—
mental trends of the varlation of downwash engle with angle of attack
at zero 1ift In the spanwise, streamwise, and vertical directions
were similsr to those predicted by the linesr theory, bubt in most
instances the experimental values were slightly greater then those
glven by theory. The comparison also showed that the displacement
of the vortex sheet and the resulting influence on the downwash
distribution must be considered In calculeting downwash angles at
Pinite angles of atbtack.

For the low-aspect—ratio wing used in this investigstion, the
distortion of the vortex sheet behind the wing—tip region had =a
considerable Infiuence on the position of the wake and on the
downwash distribution within a large portion of the induced flow
field. In the region outboard of spproximately the 30-percent
semispan station, the distortion of the vortex sheet decreased the
displacement of the sheet considersbly from the value calculated by
the linear theory.

The general characteristics of the frictlon wske were similar

to those observed in subsonic flow. With incressing distance behind
the wing, the wake expanded slowly, decreased in intensity, and, with
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the wing at positive angles of sttack, moved downward relative to
the free—stream direction.

INTRODUCTION

A rational approach to the longltudinel-stabllity problem of
supersonic sircraft requlres knowledge of the downwash field hehind
g lifting surface. Theoretical methods for treatment of this problem
have been developed and applied to a limited number of cases. (See
references 1 and 2.) In accordance with the usual assumptioms of the
linesrized theory, valid applications of these solutions are limlted
to thin wings at venlshingly small angles of attack. In addition,
since the theory assumes that the fiuld is inyiscid, the effects of
the yake are neglected.

At subsonic speeds, theoretical downwash calculated by means
of a simplified 1lifting-line theory has ylelded satlsfactory agree—
ment with experiment only when modified to account for both the
displacement of the shed vortex sheet and the effects of the wake.
The necessary emplrical modifications to the basic theory were
determined as the result of a mmber of experimental investligations.
(See reference 3.) Similarly, in supersonic flow, experiment must
be depended upon to determine the limits of epplicabllity of the
linearized inviscid theory. At present, there are only two published
reports, which are readily available, dealing with experimental
investigations of the induced flow fleld behind 1ifting surfaces In
supersonic flow (references 4 and 5); in nelther instence has a com—
parison been made with the theory now avallable.

In order to provide a comparison with the predictions of the
linear theory, a gemeral investigation of the downwash and wake behind

several wing plan forms has been underteken at the Ames Aeronsutical
Laboratory. The present report presents the results for e rectangular

wing.

SYMBOLS
c wing chord, Inches
8 wing semispen, inches

wing angle of attack, degrees
free—gtream total pressure, pounds per sqtmré inch absolute
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AH? difference between the pitot pressure at a point In the wake
and the pltot pressure in the free stream, pounds per
square inch sbsolute (The piltot pressure is the pressure
measured by a pitot tube in either subsomic flow, where
this pressure is equal to the local total pressure, or in
supersonic flow, where thils pressure is equal to the local
total pressure of the flow behind a normel shock wave.)

€ downwash angle measured. from the free—stream direction,
degrees
€ downwash angle referred to the fiow angle st o=0,degrees

X, ¥, Z longitudinal, lateral, and normal coordinates with the origin
at the leading edge of the root section and the x axls
corresponding to the free—stream dlrectionm.

APPARATUS AND TESTS
Wind Tunnel

The experimental investigation was performed in the Ames
1- by 3—Ffoot supersonic wind tumnel Ro. 1, whlch 1ls a closed—return,
varigble—pressure tunnel. A more complete descriptlon of the wind
tunnel and associsted equipment is contained in reference 6. The
Maech number within the test section of the fixed nozzle was approxi-
mately 1.53.

Model and Support

The model used for the btests was a semlspan model of a rectan—
gular wing of aspect ratlo 3.5 with a 5-percent—thlck, symmetricsal,
double—wedge sectlon with maximm thickness st 50-percent chord.

The dimensioms of the wing and its orlentation on the support plate
ere shown in figure 1., The wing surfaces were ground smooth but
were not polished., The leading and traillng edges were finished to
0.001=inch radlue and the wing tip was cut off parsliel to the free—
stream direction with no wing—tip felring. Thus the 5—percent~thick
double—wedge sectlon was continuocus over the embtire span.

The model was mounted on a thin circular plate, termed the
boundary-layer plate, positioned in the skiream so as to by—pass the
tunnel-wall boundary layer between the plate and the tunnel sgidewall.
(See Pig. 1.) With this method of mounting, the area of the wing
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which was influenced by the boundary—layer flow along the plate was
considerably less than if the wing had been mounted on the tunnel
wall, for only the relatively thin boundary layer vhich started at
the upstream edge of the plate Influenced the flow over the model.,
This plate was tapered in the streamwise direction so that the
boundary-layer by—-pass channel expended in the downstream directlon;
as & result, supersonic flow was maintained in the chammel.

Since the determination of the induced flow fleld behind =&
lifting wing requires accurate measurement of small flow deflectlons
and, consequently, a stream which 1is free of disturbances other than
those due to the lifting surface itself, the following precautions
were taken to minimize possible interference due to the model-support
system:

1. The test—section side of the boundary—-leyer plate was ground
flat to a tolerance of 0,002 inch.

2. The entire circumference of the plate was beveled on the
by—pass—channel silde to a sharp knife—edge as indicated in figure 1.

3. The plate was alined as closely as possible with the free—
gtream direction in order to reduce the intenslity of the pressure
disturbance from the supersonlc portion of the leading edge.

However, from the results of sitatlic—pressure surveys made parallel to
the free—stream direction in a horizontal plane which Incliuded the
tummel axls, a smell disturbance which passed across the outer
portion of the wing was known to exist. The results of these pressure
surveys and the locatlon and megnitude of the pressure disturbance are
described 1in more detail Iin reference 7.

Instrumentation

Measurements of the change In the local downwash angles with
angle of attack of the alrfoll were made with two different devices:
a 30° cone with two pressure orifices symmetrically disposed, one on
top and one on the bottom, and a 10° wedge with five sets of
symnetrically disposed orifices. (See fig. 2.)

In order to meke simple, direct comparisons between the experi-
mentel and theoretical values of de/da, +the measurement of the
downwash angles should be point measurements. However, any set of
orifices on the wedge Indicates a stream anglie which ls dependent on
the stream—angle varlation over that part of the leading edge of the
wedge Included within the Mach forecones from the orifices. Thus, in
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a region where the stream—angle gradient siong the wedge was changing,
only an average value of the stream angle was obtalned from each set
of orifices. For the wedge, the length of leading edge included
within the Mach forecones from & set of orifices ls approximately
18 percent of the wing semispan. In order to reduce this source of
Inaccurscy and to approach more closely 2 polnt measurement of the
stream angle, a cone was substlbuted for the wedge. TFor the cone,
the effective length inciuded within the Mach forecomes of the ori—
Tices is less than 2 percent of the wing semispan. Comparison of
stream—engle measurements made with the cone and wedge showed that
elther instrument was sultsble for measuring stream angles.

Actually two cones were mounted om a horizontel traverse bar as
shown in figure 2(a), thus enabling the determination of the sparrise
distribution of downwash angle in two planes ahove the extended chord
Pplane of the wing during each test. The sets of orifices on the
wedge were located at 10, 30, 50, 70, and 90 percent of the wing
semispan. The wedge and lower cone were mounbed 0.35 wing chord
length shove the extended chord plane of the wing; whereas the upper
cone was mounbed 0.70 chord lemgth above the extended chord plane.

At each angle of atback of the alrfoil the Instrmments were
pitched so as to obtaln zZero pressure difference beitween the symmet—
rically disposed orifices. Thus, the change In the angle of null
pressure difference and the corresponding change in wing angle of
attack are A€ and Ax, respectively.

The viscous wake of the wing was surveyed wlth a rake of pltot
tubes. (See fig. 2(b).) The rake comsisted of 39 pitot tubes with
0.05—inch vertical spacing mounted on a vertical support blade. The
tubes were placed altermately on each side of the blade so that a
spacing of 0.10 inch was maintained between tubes. This was believed
adequate to avoid possible interference bebween sdjacent tubes, since
it is estimated that the minismmm Mach number in the weke at the
survey stations was sufficlently supersonic to preclude any mutual
interference effects which might have Influenced the pressures st
ad jacent tubes. The support blade was mounted on & traverse bar
similar to that used for the cones, thus permitting = complete span—
wlse survey ab each of the two wake—survey stations. Xach of the
tubes in the rake was connected to a tube in a2 mulbiple—tube
manometer Filled with tetrabromoethane, and the pltot—pressure
profiles were recorded by photographing the menometer board.
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Test Methods

In these tesgts, the model was considered to be the wing in a
conventional configuration of wing-tall combinatlion with the stream—
angle measuring device substituted for the ususl tall surface at
various positions above the extended chord plane and downstream of
the tralling edge. The positions of the four downwash survey
stations and two wake survey stations are shown in flgure 1. These
stations were placed, in a manner, compatible with the support system,
so ag to provide a measure of the downwash fleld in the vicinity of
the most probable tail locetlon.

With the wing installed and s stream-angle measuring device
mounted as shown in figure 3, the angle of attack of the wing was
varied between the limits of $10°, and the resulting changes in
downwash angle at the survey points determined. The pltot—pressure
profiles were obtained at each of the two wake survey statioms
(sta:b%ons 5 and 6) for engles of attack of the wing of 0°, 3°, 6°,
and 9Y.

A1l tests were made at a tunnel total pressure of 18 pounds
per square inch sbsolute which gives a test Reynolds number of
approximately 1.25 million based on the wing chord. The specific
humidity of the air was maintained below 0.0003 pound of water pexr
pound of dry air, a value at which condensation effects are negligible.

REDUCTION OF THE DATA
Downwash

Since the angle of attack of the model was changed by rotating
the entire support system, 1t was necessary to apply correctlons to
the date obtained with the wing in place to account for both the
flow deflections induced by rotation of the support system and the
nonuniformity of the free stream. At each survey point, the changes
in local stream angle accompanying chenges in angle of attack of the
model support system with no model in place were measured for an
angle-of-attack range of #10°. The results of these stream calibra—
tions, which were used in reduction of the data as point-dby-point
corrections, showed:

1. At stetion 1 (x=2¢, z=0.35¢) stream-angle changes were
negligible throughout the angle—of-attack range.

2. At station 2 (x=30, 2=0.35c) a maximm stream angle of 0.3°

—,
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was measured near the support plate. This deﬂec‘bilon decreased with
increasing distance from the support plate to less than 0.1° at the
90-percent—semispan point.

3. An incomplete calibration, not sultable for use in making
corrections, was obteined at station 3 (x=3¢c, 2=0.TOc).

4, At stablion % (x=k.h3c, z=0.35¢) near the support plate, 2
deflection of 1.4° at —10° angle of attack was measured. This deflec—
tion decreased almost linearly to 0° at a=0P. In the positive engle
range the deflection increased linmearly to 0.2° at «=T°. Deflectioms
in both renges decreased with increesing distance from the support
plate.

It can be seen from these results that the principal interfer—
ence from the support system was confined within the Mach cones from
the subsonic portion of the lesding edge of the boundary—layer plate
(£ig. 3) and that the inkterference was smelliest near the Mach cone
surface and increased as the Mach come axls was approached. These
stream calibratlons were used to correct the data at all the survey
stations except station 3. In vlew of the relative positions of
stations 2 and 3, 1t is belleved that at skation 3 the interference
from the support system would be only slightly greater than at station
2., Bince the correctlons at station 2 are small and haye little
effect on the final results, it is concluded thet the umcorrected
results presented for sbtatlom 3 are qualitatively useful.

The evaluation of de/dx does not require a messurement of the
dowmwrash angle referred to the free—stream direction, but only an
evaluation of the chenge in downwash angle with change in angle of
atbtack. Therefore, the valuee of the stream angle presented are
based om the assumpitlon of zero downwash at zeroc amgle of attack and
thus have been indicated as €?,

Wake

The weke wae located by determining its position relative to
the survey reke from phobographs of the manometer bosrd and comput—
ing the position of the rake relsitive to the wing from the kmown
geometry of the system. The 1imit of the weke was arbitrerily defined
as the point at which AH'/H 1is equal to =0.005. The quantity AH?
is the difference between.tihe pltot pressure at a point in the weke
and the pitot pressure in the free stream and E 18 the free—stream
totel pressure. Since no Instrument was avallable to measure the
static—pressure varistion in the wake, it was impossible to determine

vl
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the Mach number or velocity proflles through the weke.

FRECISION

The following consideratlion of the possible sources of inaccu—
racy in the determination of the downwash angle indlcates an estimated
possible error of +0.10° in any one downwash angle. These sources of
error are:

l. Stream-angle veriation in the undisturbed stream at the
position of the wing

2. Sensitivity of the stream-engie instruments

3. Measurement of the stream sngle both for stream celibration
and for tests with the wing in place

4. Measurement of the angle of attack of the wing

The effect of the stream—angle variation in the undisturbed
stream st the posltion of the wing as well as possible errors arising
from the sensltivity of the stream-anglie Instruments are considered
negligible throughout the angle—of-attack range. Measurement of all
angles, that 13, stream angle with the wing out or In place and the
wing angle of attack, were made with a vernler protractor with a
least count of 0.1°. If a possible error of one-half of the least
count is assumed for each of these angles and the square root of
the sum of the squares of these assumed errors 1s teken In accordance
with the method of reference 8, the total possible error in €' is
glightly less than #0.10°, On this basis, the possible error in
determining (de/da)g=0 is slightly less than 10.0k.

ITn determining the profiles of pitobt—pressure loss in the wake,
the principal sources of error are:

1. Inexact pressure measurements due to unavoidable differences
in the shape of tube openings (No attempt has been made td
evaluate this error, but it is belleved to be small.)

2. %he observed bending of individual total-head tubes, which
introduces an estimated error of +0.025 inch in the loca~
tion of any particular plotted point in the profile

3. The 0.05inch vertical spacing of the tubes, which gives an
estimated possible error in location of the wake limlts
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with respect to the.rske of +0.025 inch

4. The possible inaccuracy in measuring the position of the
reke relative to the wing, which is estimated as £0.05 inch

The sum of errors 1 and 2 is sufficiently large to justify
fairing the curves wlthout passing through easch point. The square
root of the sum of the squares of errors 2, 3, and L yields a total
estimated possible error in location of the wake of #0.061 inch or
+0.021 chord length.

THEORY

In the gppliication of linesrized theory to the problem of deter—
mining the characteristics of the induced flow field behind a lifting
surface, the surface 1s considered to be &t Infinitesimally small
engles of attack so that 1t is contained completely in the xy plane
with the x axis corresponding to the free—streanm direction. The
trailing vortex sheet is assumed to lie in the plane of the wing and
to extend unchanged to infinity. However, under 1lifting conditions
this simplified plecture must be altered to account for the self-
induced movement of the vortex system. In subsonic flow (reference 3),
it has been found that the shed vortex sheet is repidly displaced
dovnward and deformed so that 1t curves into a channel of constantly
increasing depth and distends rapldly as 1t proceeds to roll up like a
volute about the tip vortex cores. It has been shown that for purposes
of predicting the average downwash over a tall surface for conventional
wing~taill combinstions in subsonic flow, the rolling up of the trailing
vortex sheet may be neglected. Satisfactory agreement between experi—
ment and theory may be obtalned if the trailing vortex sheet is con~—
sidered to be dlsplaced vertically by an amount equal to the dlsplace—~
ment of the center line of the actusl dlstorted vortex sheet., This
displacement 1s readily calculated since the vortex sheet passes
through the tralling edge of the airfoil and 1ts inclination is
-everywhere equal to the downwash angle at that point. Thus, at &
point ©p

Xp
(Az)p = — tan o de dx — ¢ tan «
P e do Zz=0
y=const.

For the particuler arrangement employed In bthese tests, wherein

the points at which the downwash angles were to be determined were
always above the extended chord plane, the change in displacement of
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the vortex sheet accompanylng changes In the angle of attack was
such that the distance between the survey polnt and the point of
maximum downwash at the vortex sheet (wake center line) decreased
with 1increas engle of attack. Thus, since the linear theory
shows that de/da increases as the voritex sheet 1s approached, it
follows that the slope of the theoretical curves of the variation of
€ with o would increase as « 18 increased. If the movement of
the vortex sheet is assumed to be that predicted by theory, an
approximation to the nonlinear lncrease In downwesh may be calcu—
lated by means of the theory in a mamner similaer to that employed in
reference 3. The calculation of € at angle of attack o for each
survey point 1s accomplished by evaluating the theoretical displace—
ment of the vortex sheet at the xy coordinates of the survey point.
From this value of the displacement, the distance between the survey
point and the dilsplaced vortex sheet can be determined. With a
knowledge of this distance and the theoretical variation of de/da
with distance from the vortex sheet (referemce 1), a value of de/dm,
and hence €, can be calculated.

Calculations of this nature have been performed for each of the
survey points and the results have been plotted in figure k. The
approach used to obtain these curves wyms different from the method
used for subsonic flow in reference 3 in that the displacement of
the vortex sheet at each of the spanwlse survey points was evaluated
end used to calculate the resulting change in de/dx ab that point
rather than basing the change in de/do. on the displscement of the
vortex sheet at the plane of symmetry.

DISCUSSION
Downwash

The results of the measurement of the downwash anglies for
various spanwise positions at four survey stations, which were aboyve
the extended chord plane and downstream from the trailing edge of
the wing, are plotted in figure 4. The curves showing the theoreti-
cal variation of € with o, computed in the manner previously
described, are shown for comparison. There is no appreclable
dlfference between the slopes of these theoreticel curves at o=0
and the values of (de/dn)y.o computed by the methods presemted in
reference 1,vhich do not account for the movement of the vortex sheet.
Therefore, these curves may be used for a comparison of the experi—
mental results and the theoretical predictions of reference 1,
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The experimental results show that at any semispan position
(ae /da,)a,-_-o Inereases with Increasing distance downstream from the
treiling edge and decreases with 1ncreasing disbence above the
extended chord plane as the theory predicts. At station 1 the agree—
ment between the theory and the experimental results is very good
over the entire angle-of-attack range tested except at the 10—percemt—
semispan position. At survey stations 2, 3, apd 4, relatively good
agreement 1s obtained at the 10— and 30-perceni—semispan positions.
However, at the 50— and TO-percent—semispan positions the experi—
mental results dlffer considerebly from the theoretical values,
particulerly at positive angles of attack. Both the linesr theory
and the experimental results show that the velue of de/d.c:. at the
survey points Increases as the angle of abtack is iIncreased.
However, the increase In de/da between —10° and the maximm
positive angle of abbtack, shown by the experimental results, is
greater than predicted by the linear theory. In each lnstance,
d.e/da, Increases more rapldly in the positive angle—of—ettack range
and decreases more rapldly with incressing negative angle of attack
than the linear theory predicts. This phenomenon is comsistent with
the results which willl be shown later, wherein the vortex sheet
behind the wing—tip region generally moves downward less rapldly
wlth increasing posltive angle of abtack than the theory predilcts.
Thus, as the anglie of atback 1is increased in the positive angle—of—
attack range, the vortex sheet is closer to the survey points than
the theory predicts. Consequently, the downwash &t each of these
points 1s greater than the theoretical. Conversely, in the negatlve
engle—of—attack range, the vortex sheet is farther from the survey
point than the theory predlcts and the downwash 1s less than the
theoretical.

At the 90-percent—semispan positions, even though the dis—
placement of the vorbéx sheet 1s different from that predicted by
theory, little effect on the downwash is felt over a large angle—of—
attack range, because both the experimentel results and the theory
indicate that de/dcz. is equal to zero for a considerable distance
egbove and below the survey points. Therefore, changes in distance
between the survey points 'and the wake center line wlll have little
effect on the downwash predicted and memsured at this spanwise posi-—
tion for s considergble angle—of-attack renge., At statioms 1, 2, and
3, the experimental results show practically zero downwash at nega—
tive angles of athack, At statlion 2, there is a sherp break In the
experimental deta between a=2—l/2° and o=5° Pfollowed by a portion
of the curve that indicates decreasing dowmmash. This bresk is
probably assoclated wlth the position of the wilng—tlp vortex rela—
tive to the survey instrument; however, sufficient data are not

S
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avaellable to analyze the flow conditions.

Two additional factors which would tend to cause the dowmwash
to depart from that predicted by linear theory for finite angles of
attack may be suggested as follows:

1. Interaction between shock wave and boundary layer at
trailing edge.— Ferrl (reference 9) has shown that shock—wave
boundary—-layer intersction can cause separation of the boundary layer
ahead of the trailing edge on the low-pressure surface of a lifting
wing. This flow separatlion ls accompanied by a loss in lifting
pressure between the separation point and trailing edge, and, in
addition, by & movement of the origin of the trailing vortex sheet.
The calculstions of the downwash angles at finite angles of attack
are based on the assumption that the trailing edge 1s the origin of
the vortex sheet. However, the flow separation on the low—pressure
side of the airfoll would cause the origin of the vortex sheet to be
displaced from the tralling edge to the low-pressure side of the
airfoll and would thus. change the effective vertical location of any
point In the flow fleld from that assumed in the theoretical analysis.

2. Detachment of the lea e shock wave.— It can be seen
from the experimental results that at large negative angles of attack
there was a large decrease in d.c/du, at most of the survey points.
This decrease may be the result of the distortion of the vortex sheet
previously considered. However, an additional factor which may
contribute to the observed decrease ig the detackhment of the leading—
edge shock wave. For the 5-percent-thick, double-wedge airfoll
section used for thils wing, the leadling-edge shock wave detaches at
an angle of attack of approximately 9.5° et a free-stream Mach number
of 1.53. This shock-wave detaclment may result in a redistribution
of the downwash within the induced flow field which may In turn
result in a decrease in the downwash at the survey polnt. However,
1t should be pointed out that no net decreese in downwash over the
entire induced flow field would be anticipated since experimental
results for a similar rectangulsr wing (reference 10) have shown
that,not omly does the 1ift contlnue to Increase at angles of attack
greater than that for which the shock wave detaches; but also the
lift—curve slope continues to increase.

Wake

The pitot pressure—loss profiles presented in figure 5 indicate
the locetion, thickness, and Intensity of the wake for seversl

Yraan.
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semigpen positions at survey stations 5 end 6 which were 3.3 and 5.0
chord lengths aft of the leadlng edge, respectlvely. The horizontal
reference line used in this figure is a line drawn in the free—stream
direction through the leading edge of the airfoll, As can be seen
from this plot, the general characteristice of the weke are similar
to those observed In subsonic flow. With the wing at a positive
angle of attack, the wake expands slowly, decreases In intemsity,

and moves downward relative to the free-stream reference line with
increasing disbance behind the wing. In the spanwise dlrectlon the
intensity of the waeke was greatest at the 10-percent—semispan station
end least at the 90-percent statlon; whereas, at the three intermediate
stations, the weke was of approximately equal Intensity. In general,
the spanwise varlation of the wyauke thickness was similar.

A spanwise plot of the upper limit of the wake (fig. 6) reflects
both the wake-thickness distributlion and the integrated effecks of
the downwash on the wake position. Although the wake appeers to be
higher at station 5 than at station 6 at a=0°, +his difPerence in
height is within the experlmental accuracy of th.e measurements. Since
the wake expands slowly between the two statiomns, the upper surface
of the wyeke ls probably slightly higher at station 6. The greater
thickness of the wake behind the wlng root causes the upper limit of
the wake to be somewhat higher et the rook than at the +lp. In
addition, since the vertical location of the wake at any spanwise
position is determined by the varlation in the stream direction
from the wing leading edge to the survey position of the downwash at
the vortex sheet, the wake willl be higher behind the root than behind
the tip at survey stations 5 and 6 because of the difference in the
streamwise varlation of downwash anglie. A consldersble reglon of zero
downwash exists at the vortex sheet behind the trailing edge of the
root sectiom, slnce, in accordance with the theoretical considera—
tions of reference 1, the downwash 1is zero at all polnbs which are
behind the plane wave from the tralling edge and ocukslide the Mach
cone from the leading-edge tip. No comparesble region of zero down—
wash 1s found behind the tip. Therefore, since the wake follows
the downwash, it 1s apparent that for small disbtances behind the
airfoil the displacement of the wake will bhe greatest behind the tip
and least behind the root. It should be noted that in figure 6 the
position of the weke is referred to the extended chord plane of the
wing rather than a plane paraliel to the free stream and passing
through the leading edge of the wing to which the displacement is
normally referred.

The poslition of the wake cenber line, which 1s assumed to be
coincident with the shed vortex sheet, has been determined experi—
mentally at verious angles of attack at survey stations 5 and 6.

R
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The resulte are plotted in figure 7 for comparison with the positions
calculated by means of the linear theory. The accuracy of the
experimental determination of the position of the wake center line

13 relatively poor, being only about %2 percent of the wing chord.
The agreement obtained between experiment and theory in the vertical
plane of symmetry indicates that the linear theory may be used to
determine the wake locatlon in the plane of symmetry at these dis—
tances behind the wing. However, outboard of approximately the
30-percent—gemispan positlon, the sgreement 1s poor. In this region,
the experimental results show that the vortex sheet was displaced
from the free—stream directlon by an amount which was less than that
predicted by the theory. Since the wake must follow the downwash,

it 1s apparent thet in this reglon the downwash at the vortex sheet
is less than that predicted by theory. However, no actual measure—
ments were made in the wake to support this contention. The shape
of the curve defining the position of the weke center line in the
region behind the wing tip suggests that the rolling-up process 1s
beginning to take place. '

CONRCLUDING REMARKS

The results obtained in this investigation indicate that the
methods presented In reference 1 are sufficient for determing a.e/dm
at o=0. However, the displacement of the vortex sheet and the
resulting effects on the downwash dlstribution must be comsidered
in calculating downwash angles at finlte angies of attack., In
addition, 1t appears that the dlsplacement and distortion of the
vortex sheet In the reglon behind the wing tip has considerable
influence on the downwash distributlon wilthin a large portion of the
induced flow field.

The results also indicete that the linear theory can be used to
calculate the displacement of the wake, or shed vortex sheet, at the
vertical plane.of symmetry at dlstances behind the wing comparable
to the test range. In the region outboard of approximately 30 percent
of the wing semispan, the distortion of the vortex system decreases
the displacement of the sheet.comsiderably from the values calculated
by the linear theory.

Ames Aeropsutical Laboratory,
Ratlonal Advisory Committee for Aeronaubics,
Moffett Field, Calif,
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All dimensions are in inches except as nofed.
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wedge relative to the Mach cones which form the boumdaries
of the support interference regiom.
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A-12759

(p) Wing, stresm—engle comes, and wake suryey rake. a=— 10°.
Figure 3.~ Sketch of test section.
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